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ABSTRACT 
The use of drag-enhancing devices for satellite de-orbit has been successfully 
demonstrated on small satellites, and analysis shows they can be a practical method 
for de-orbiting many midsized low-earth orbit (LEO) satellites. A satellite’s mass, 
orbital regime, ballistic coefficient, and other characteristics delineate the techniques 
and trade-offs related to implementing a drag device as a de-orbiting tool. In addition 
to reviewing the successes of drag devices to date in de-orbited spacecraft, Rhatigan 
and Lan outlined the trade space available for expansion of this technology to a large 
range of midsize spacecraft. This study examines that trade space in more detail and 
with a wide span of existing midsized LEO satellites. Through the analysis of these 
satellite characteristics and orbital regimes, this study suggests that the potential for fuel 
mass savings exists for a significant percentage of the midsized satellites. Furthermore, 
satellites that would still require some propulsion to de-orbit within 25 years show 
similar fuel mass savings. Drag-enhancing device requirements driven by this study are 
shown to be achievable within the scope of existing prototypes and realistic drag device 
designs. 
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Drag-enhancing de-orbiting devices for midsized1 satellites have been shown to 
have practical advantages; however, specific satellites and their characteristics have not 
been thoroughly analyzed to fully understand the concept of operations, trade-offs, and 
design requirements. This study focuses on the application of drag-enhancing technologies 
to midsized LEO satellites, a class of satellite expected to grow substantially [1]. The 
examination includes a wide span of existing midsized satellites using realistic 
characteristics such as ballistic coefficients, orbital parameters, and masses to determine 
both the practicality of implementing a drag device as well as to identify an approach or 
concept of operations for each satellite.  
The first part of this study examines and validates the primary software tool used 
in the analyses, the Semi-analytic Tool for End of Life Analysis (STELA) software version 
3.3. STELA is a tool developed by the Centre National d’Études Spatiales (CNES) to 
estimate the de-orbit intervals for satellites. The software uses a satellite’s orbital 
parameters, satellite specifications, and an atmospheric model to estimate orbit decay 
times. The satellite specifications include the total mass and drag area of the spacecraft. 
Validation case studies were conducted to ensure consistency with results from the similar 
NASA Debris Assessment Software (DAS) and with known de-orbit times of satellites that 
have decayed. This lends confidence to later decay predictions and allows insight into the 
limitations of these estimates. 
A set of satellites chosen to span a large range within the “midsized” designation 
provides the data set for this study. Analyses conducted on this data set are consistent with 
the previously validated approach using STELA. While the general trade-space was 
predicted by [2] and [3], this study tests those predictions with data from actual satellites 
 
1 Midsized refers to satellites approximately 500–1000 kg in mass. Details of why this regime is 
targeted is explained later. 
2 
in orbit. The analyses of this data can then be used to further the design of practical drag 
devices.  
To develop a concept of operations for the implementation of drag devices, certain 
assumptions with respect to spacecraft dimensions, effective cross-sectional areas, and 
drag coefficients were necessary. Limitations in this study, primarily due to model 
uncertainties such as unpredictable atmospheric conditions, potential spacecraft tumbling, 
estimations of drag coefficients, and satellite areas, are discussed in detail. Since both 
STELA and DAS are estimating tools, the intent is not to perfect the estimations, but to 
achieve enough accuracy and consistency to draw conclusions on trends for the analyses. 
Predicting orbital decay is extremely complex, and it is highly driven by the particulars of 
a given solar cycle. Using generally accepted models of past solar cycles is perhaps the 
largest source of uncertainty. Within this constraint, it is important to ensure that the 
analyses are accurate enough to provide realistic data to further define the practicality of 
drag enhancing devices. The modeling approach uses some simplification, to be explained 
further, such as determining surface areas or propulsion systems specifications.  
Following the determination of a modeling approach, a range of existing 
“midsized” satellites was collected for the analyses, spanning masses from 442 kg to 1050 
kg. Each satellite was then modeled in STELA with current orbital parameters, gathered 
from their respective two-line elements (TLE) from SpaceTrack.org [4]. Natural de-orbit 
times were estimated, and then new de-orbit times were estimated for different scenarios 
of drag enhancing devices to determine both the practicality and possible methods of 
utilizing such a device.  
This thesis demonstrates a wide variety of useful applications of drag-enhancing 
devices on midsized satellites. Many of the spacecraft in this study could have met current 
de-orbit times within the necessary 25-year limit simply by deploying a drag device with a 
reasonable and achievable deployed area. These satellites, as well as others, could achieve 
fuel savings with a drag device. Current prototypes and pre-existing drag devices show 
promise for future medium-sized spacecraft.  
3 
B. BACKGROUND AND PREVIOUS STUDIES 
This study stems from orbital debris mitigation efforts. In 2001, the U.S. 
government established the Orbital Debris Mitigation Standard Practices (ODMSP) [5] to 
“address the increase in orbital debris in the near-Earth space environment.” Current U.S. 
regulations specify that spacecraft shall be passivated and safely disposed of at the end-of-
life (EOL). Specifically, the following regulation applies to U.S. spacecraft in low-earth 
orbit (LEO). ODMSP [5] states, 
Atmospheric reentry: Leave the structure in an orbit in which, using 
conservative projections for solar activity, atmospheric drag will limit the 
lifetime to as short as practicable but no more than 25 years after completion 
of mission. If drag enhancement devices are to be used to reduce the orbit 
lifetime, it should be demonstrated that such devices will significantly 
reduce the area-time product of the system or will not cause spacecraft or 
large debris to fragment if a collision occurs while the system is decaying 
from orbit. 
Additionally, it is notable that recently adopted international guidelines recommend de-
orbit within 25 years of the beginning of life [6]. 
Despite these regulations, adherence to such policies is limited. Planned 
compliance is a prerequisite required for launch approval [5]. However, carrying out the 
de-orbit plan is left to the operator and therefore remains susceptible to deviations. 
Furthermore, space traffic management authorities do not possess the ability to control or 
influence a spacecraft once it is in orbit. Often enough, the decision to use onboard fuel to 
extend a satellite’s life as opposed to de-orbiting as planned will be in the interest of the 
satellite’s owner. One such case was Earth Observation 1 (EO-1), which used its remaining 
de-orbit fuel to extend its mission life [7]. This resulted in an expected reentry time well 
beyond the 25-year regulation [3]. For these reasons, passive devices such as a drag 
mechanism may provide a practical solution because they remove the ability to depart from 
the intended usage of onboard fuel—or, as stated in [3], “single-purpose drag devices force 
compliance.” Nevertheless, the inclusion of a drag device does not provide a free solution 
to debris mitigation, and design requirements are paramount to the effectiveness of their 
use. Therefore, the design must consider the possible trade-offs that are available to the 
operator, such as fuel mass savings and extended operational lifetime versus increased 
4 
complexity and mass of the additional device [2]. This motivates adherence to design 
principles, outlined later in this section, so that these devices are most attractive for 
implementation by designers and operators. 
This section addresses previous research to provide a background on drag device 
examples and analysis. It explains how the combination of ballistic coefficients and orbital 
altitudes identify the effective employment regime for the use of drag devices. 
Additionally, it introduces the design guidelines and requirements that are necessary 
towards solving the problem statement outlined below.  
The ballistic coefficient is defined below, where m is the spacecraft’s mass, A is the 
effective cross-sectional area and CD is the drag coefficient [8]. The ballistic coefficient is 





The introduction of a drag device, in effect, is a change in the spacecraft’s area, and 
thus its ballistic coefficient. A decrease in CB at (EOL) accelerates the satellite’s orbital 
decay, thereby removing it as a debris threat to other satellites. 
Notably, this increased cross-sectional area also could affect the area-time product 
(A • t), where A is the effective cross-sectional area and t is time, discussed in [5]. The area-
time product in the ODMSP is a proxy for risk: reducing A • t reduces risk of debris 
production. Risk reduction can also be accomplished by minimizing the potential for debris 
production in design (e.g., drag devices are often composed of lightweight, flexible “sail” 
material which may tear, rather than fragment, as a result of collision). The analyses in this 
study show that the area-time product is decreased for most of the spacecraft examined, 
although some of those scenarios may not be considered “significantly reduced” [5]. 
Nevertheless, it is also likely that the increased drag area produced by thin, lightweight 
material “will not cause spacecraft or large debris to fragment if a collision occurs” [5]. 
An earlier work [3] reviewed the flight history of drag-enhancing devices that have 
been effectively used on small LEO satellites. That analysis showed that they are also 
practical for use on midsized satellites. Unlike larger spacecraft, small satellites have 
5 
demonstrated drag-enhancing devices for de-orbit such as NanoSail-D in 2010 [9]. Drag 
devices are effective for de-orbiting small satellites due to the relatively small mass, which 
generally yields a smaller ballistic coefficient. However, most smaller satellites (<100 kg) 
will de-orbit within 25 years, thus drag devices may have more value when applied to 
midsized satellites (500–1000 kg) that typically have a larger ballistic coefficient [1]. 
Rhatigan and Lan [3] showed the relationship between the ballistic coefficient and 
altitude for a practical regime for drag-enhancing devices (Figure 1). “Region 1 (in green) 
is the regime where spacecraft will naturally decay within the required time period; above 
this in Regions 2 and 3, spacecraft will not meet decay requirements without  
intervention” [2]. 
 
Note the wide boundary between regions 1 and 2 is representative of variations in the solar cycle. 
Figure 1. Drag device effect and typical ballistic coefficient for small, 
midsized, and large spacecraft. Source: [3]. 
6 
Figure 1 also includes some sample satellites, such as EO-1, the Hubble Space 
Telescope (HST), and European Remote-Sensing Satellite-1 (ERS-1). The HST will 
eventually de-orbit on its own [10]. In their study, altitudes above 850 km (Region 3) were 
not considered because the solar radiation pressure (SRP) above 850 km is the dominant 
force [2] and the unpredictable disturbances in SRP significantly affect the de-orbit 
estimations. Region 2 is the area of interest for this study because the ballistic coefficient 
may be lowered to achieve a decay within regulation. As shown in the figure, EO-1 is an 
example wherein the decrease in ballistic coefficient would have been practical since an 
increase of surface area of 6.09 m2 and total surface area of 12.2 m2 [2] is within the 
demonstrated capability of drag devices. However, ERS-1 is an example wherein de-orbit 
can be achieved in theory, but the mass of satellite (2384 kg) [11] would require a surface 
area more than 100 m2, which is less practical. ERS-1 demonstrates how the effectiveness 
of drag devices relates to mass—where a massive satellite will require a much larger cross-
sectional area increase to lower the ballistic coefficient. Additionally, one can see from 
Figure 1 that to de-orbit within 25 years, satellites at a higher altitude require a greater 
decrease in ballistic coefficient (compared to the same satellite at a lower altitude). In some 
cases, an alternative strategy may be required, such as an initial de-orbit burn followed by 
employment of a drag device for de-orbit. This is explored later as a trade-study. 
C. PROBLEM STATEMENT 
This study seeks to explore Region 2 within this figure via practical study of real 
spacecraft examples using orbital altitudes, mass, and de-orbit strategies to determine drag 
device requirements and practical application of drag devices. This study examines current 
satellites that fall within the midsized range (approx. 500–1000 kg) and applies strategies 
for de-orbit that can optimize costs and ultimately refine design requirements for future 
drag devices. From the examination and analysis of midsized satellites, it becomes clearer 
where realistic limitations exist for a workable drag de-orbiting device.  
The benefits of drag devices also have the potential to go beyond simply debris 
mitigation. As mentioned in [2], some additional benefits could include mass savings, 
extended operational lifetime, or “greater tolerance to attitude determination and control 
7 
failures.” Aside from potential benefits, certain design guidelines are also spelled out in [3] 
that facilitate a device to be feasible, reliable, and overall acceptable to be put into practice. 
These include:  
• The device should avoid interfering with the primary mission. The device 
should remain stowed until commanded to release. To avoid inadvertent 
release, at least a single-fault tolerant release should be considered.  
• The drag area should be sufficient to de-orbit the spacecraft within 25 
years using standard de-orbit calculation tools (e.g., STELA or DAS). If 
the mission permits, consider an earlier disposal, taking advantage of the 
solar cycle (Section 2.2 of Rhatigan and Lan) [3]. 
• Since deployment occurs at EOL, this action, and any commanding of it, 
should be highly reliable, in keeping with the mission reliability 
requirements. Sufficient testing to assure reliability should be included in 
the test plan.  
• The mass of the de-orbit device should be minimized. A reasonable mass 
target is the mass of the propellant displaced for a de-orbit maneuver if the 
de-orbit device were not included.  
• The de-orbit device is expected to operate at the spacecraft EOL and 
survive to the entry interface altitude, so materials should be selected to 
endure the corrosive LEO environment (i.e., atomic oxygen attack, ultra-
violet radiation degradation and micrometeoroids and orbital debris).  
• The device should be simple to integrate and operate. The pyramid 
configuration is favored for small spacecraft that have one side to dedicate 
to the de-orbit device. Modular designs are favored for more complex 
spacecraft that may not have a single location available but could 
accommodate de-centralized sail areas.  
8 
The purpose of these guidelines allows this analysis to form realistic boundaries of 
what can and cannot be expected to take place. Later in this study, these guidelines will be 
used to evaluate individual case studies to determine where feasible design requirements 
overlap with the necessary functionality of de-orbiting midsized satellites.  
9 
II. SIMULATION AND VALIDATION OF 
MODELING SOFTWARE  
The primary software used in this study to predict satellite de-orbit is STELA [12]. 
Additionally, this study used the DAS [13] to validate results from STELA and ensure 
consistency. To better understand the uncertainties associated with de-orbit prediction, it 
was necessary to examine STELA, validate its accuracy and determine the effects of 
assumptions or unknowns that were used throughout this analysis. The first part of this 
process includes a brief overview of STELA and DAS. Secondly, STELA predictions were 
compared to data from two-line elements (TLEs) of decayed satellites to validate and 
compare to results in DAS. Spherical satellites were chosen for this validation phase to 
minimize the effects of area calculations and simplifications. Finally, these case studies 
and the history of other such research are used to assess the uncertainties for the later 
analysis of a broader range of satellites. 
A. STELA, DAS, AND TLES 
STELA uses iterative computations and performs long-term propagation of satellite 
locations in LEO to predict atmospheric reentry duration [12]. Orbital parameters required 
for simulation can be derived from the spacecraft’s TLEs. The primary orbital parameters 
that affect the decay duration are the perigee (Zp) and apogee (Za) altitudes. The other 
orbital parameters of inclination (i), right ascension of the ascending node (Ω), argument 
of perigee (ω), and mean anomaly (M) also play a factor in the orbit duration; however, 
they are less significant for the objectives of this study and their values are included here 
for reference purposes. Object characteristics include total mass, mean cross-sectional area, 
the reflectivity coefficient, and a drag coefficient [12]. The default and most current 
atmospheric model in STELA is the Naval Research Laboratory Mass Spectrometer and 
Incoherent Scatter Radar, “E” model (NRL-MSISE-00), which extends from Earth ground 
through the exosphere, released in 2000. A solar activity file is another parameter setting 
in STELA used to model the space environment. The solar activity variable file contains 
information made from daily solar flux, the mean solar flux and the geomagnetic 3-hour 
index [12]. The other options for solar activity include a user defined value and a “mean 
10 
constant” that uses “normalized solar activity computed from the ballistic coefficient of the 
spacecraft and the apoapsis altitude of the initial orbit” [12]. The solar variable activity file 
is used in this study because it provides the most accurate simulations when used in the 
validation case studies.  
DAS is a similar software program that can be used to estimate the decay of satellite 
orbits. DAS is a “tool to aid NASA programs to perform the required mission risk analysis 
according to the NASA Safety Standard” [13]. Overall, the function of DAS is similar to 
that of STELA, and while it is not the primary software used in this thesis, it is another tool 
to further authenticate the analysis. STELA was chosen for this study primarily for its ease 
of use. STELA is publicly available while DAS is restricted, so results herein can be 
duplicated. 
TLEs were gathered from the database SpaceTrack.org, which provides 
observation measurements of spacecraft. The measurements collected on satellites come 
from the wide array of Space Situational Awareness assets that derive a TLE, which is an 
estimation of a given satellite’s position and orbital parameters. While this estimation is by 
no means a perfect depiction of true position, it nevertheless is a consistent and reliable 
source for the scope of this research. For the purposes of this study, the TLE data can be 
considered the reality of an orbit while the STELA and DAS software yields an estimation 
of future orbital decay. The validation case studies discussed below compare the TLE data 
with the estimations from both STELA and DAS. 
B. VALIDATION CASE STUDIES 
Since de-orbit estimation relies on the effective cross-sectional area of a satellite, it 
is critical to have accurate dimensions for validation. Previous studies [1] have shown that 
STELA tends to be conservative with respect to de-orbit predictions, meaning that the 
spacecraft is predicated to decay later than reality (a useful and conservative trait).  
For validation purposes, satellites were chosen with known re-entry dates and with 
simple spherical geometry, to remove uncertainty associated with effective cross-sectional 
area calculations. The Atmospheric Neutral Density Experiment (ANDE) satellites 
11 
comprised a mission conducted by the Naval Research Laboratory and consisted of 
spherical satellites used to analyze air density and improve orbit determination [14]. These 
unique satellites remove one ambiguity in the calculation of the ballistic coefficient since 
the area and mass are known, and the shape is a nearly perfect sphere.2 It is assumed that 
these passive satellites are tumbling; however, regardless of the orientation, the cross-
sectional area of drag will be constant because of the spherical shape. Two of the ANDE 
satellites (ANDE-2 Pollux and ANDE-2 Castor) were used to validate our STELA 
simulations.  
All the orbital parameters were taken directly from the TLE data3 or based on the 
referenced satellite specifications (mass and area). However, the CD is not usually specified 
and is unique to each satellite based on the geometric shape, altitude, and surface condition 
(e.g., specular, or reflective) [8]. The default CD in STELA is 2.2; however, in the case of 
a sphere, the CD ranges from 2 to 2.6 based on the surface condition. A CD of 2 was used 
below as it yields results closer to the actual decay. The satellite specifications and initial 
orbital parameters are listed in Table 1.  
Table 1. ANDE STELA inputs. Adapted from [4], [14]. 
Parameter/Satellite ANDE-2 Pollux ANDE-2 Castor 
Mass (kg) 27.442 47.45 
Area (m2) 0.1829 0.1829 
CD 2 2 
NORAD ID 35693 35694 
Start date 2009-07-31 2009-07-31 
zp 328.78 328.73 
za 333.42 334.20 
i 51.64 51.64 
Ω 81.34 81.34 
ω 36.25 34.27 
M 323.82 325.89 
 
2 Most midsize spacecraft have highly complex geometries, including multiple appendages (solar 
panels, antennae, etc.) that drive higher uncertainty in drag area estimation. 
3 The validation case studies use a TLE date shortly after the satellites are inserted into their initial 
orbits. 
12 
The above information was then modeled in STELA and compared to the known 
de-orbit dates of each satellite. Archived TLEs for the satellites were extrapolated from 
Spacetrack.org [4] and plotted using the semi-major axis versus the days on orbit (Figures 
2 and 3). Figures 2 and 3 compare actual TLE data with the initial propagation performed 
with STELA for the two ANDE-2 satellites (Pollux and Castor).  
As shown, this validation runs counter to the conservative trend noted earlier for 
STELA and predicts an earlier re-entry. There is a 43-day difference in predicted vs. actual 
re-entry, for a mission duration of 8 months. While 43 days is not significant relative to a 
25-year de-orbit requirement, consideration must be given to be conservative elsewhere, 
such as in design of de-orbit devices if this predictive error is sustained.  
 





Figure 3. Orbital decay of ANDE Castor using actual TLE versus STELA 
predictions.  
In both cases the TLEs (actual) indicate the satellite was on orbit longer than the 
simulation predicts from the initial orbital inputs using STELA. One possibility for this 
may be due to the inclination of 51°, which is within the critical inclination group as 
identified in STELA in the ranges 40°–80°. According to Le Fèvre et al. [15], “at these 
inclinations, resonance effects due to various perturbation sources (solar radiation pressure, 
third-body perturbation and drag in particular) have been shown to have significant effects 
on LEO lifetime in some cases.” The recommendation for this is to decrease the integrator 
step and run multiple iterations; the integration step for the ANDE satellites was decreased 
to 6 hours, as opposed to the default 24 hours [12]. However, after multiple simulations at 
the reduced integrator step, the STELA results were consistent to within one day, but did 
not significantly improve the underestimation.  
The TLEs and initial orbital data were also compared to the simulation in DAS 
(shown in Figures 4 and 5). The results in DAS were also less conservative than reality, 
but very similar to that of STELA. To further validate the results, TLEs beyond the initial 
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orbit start date were also modeled to determine whether the TLEs, DAS and STELA would 
agree on decay dates (diamond, circle, and triangle data points in Figures 4 and 5). This 
modeling was completed for both STELA and DAS and compared to actual remaining days 
on orbit based on the TLEs. At the initial decay time (day 0) the actual TLE data of the 
Castor satellite yields orbital decay in 383 days. Simulations with the “day 0” TLE were 
run in STELA and DAS and yielded an estimation of decay in 322 days and 338 days, 
respectively. Each subsequent plot on the graph represents other iterations from STELA 
and DAS, using the corresponding TLEs. Both estimators initially underestimate the decay 
time, then gradually match with the actual decay about 100 days prior to reentry, and 
slightly overestimate near the end of the decay. It is clear in these examples that a longer 
decay time will yield a greater underestimation. 
 
Figure 4. Actual vs. predicted de-orbit time for ANDE Castor using STELA 
and DAS estimates. 
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Figure 5. Actual vs. predicted de-orbit time for ANDE Pollux using STELA 
and DAS estimates. 
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III. MODELING AND CASE STUDIES FOR SPACECRAFT 
ORBITAL DECAY 
A. DATA SOURCES AND MODELING APPROACH 
Modeling is accomplished in three phases. The first phase takes the known 
information of a satellite and estimates the decay in STELA using currently available 
satellite specifications (i.e., mass, surface area or dimensions). Actual or expected EOL or 
deactivation date, if applicable, is also used to determine the orbital regime wherein the 
satellite begins or continues its decay. TLE data from SpaceTrack.org provides the actual 
orbital parameters from the expected EOL. Phase one provides the baseline decay time to 
compare to the benefits of including a drag device. If the satellite de-orbits within 25 years, 
no further analysis is required, although the intent is to identify satellites that do not fall 
into this category. Phase two uses STELA to estimate the necessary increase in surface 
area required to de-orbit the spacecraft within 25 years. Initial phase two results are 
presented. However, some cases require an increase in surface area that may be unrealistic. 
Phase three addresses these scenarios by including a hybrid propulsion-drag de-orbit 
scheme for optimal mass-savings.  
B. EFFECTIVE CROSS-SECTIONAL AREA DETERMINATION 
A significant uncertainty in the estimations is determining the effective cross-
sectional area for each satellite in calculating the ballistic coefficient via Equation 1. 
Spacecraft under active control typically project a singular cross-sectional area towards the 
direction of flight (this is the area over which the drag force acts). Defunct or passivated 
spacecraft may tumble, spin, or settle into “preferred” attitudes based on drag forces or 
even collisions with other debris. For simplicity and consistency in comparison with other 
spacecraft, it was assumed that all spacecraft are tumbling.4  A tumbling satellite has an 
equal likelihood of projecting a surface to the drag force, thus this area is estimated as the 
total surface area of spacecraft divided by four. For convex shapes, this formula provides 
an estimate of the average cross-sectional area for a tumbling object [16]. For the satellites 
 
4 This is consistent with other broad studies of spacecraft decay [1], [2]. 
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examined in this study, the effective cross-sectional areas that were determined by the 
source are used if possible. However, most cross-sectional areas are derived from the 
available geometry of the satellite’s specifications. Likewise, when determining the 
necessary increase of effective cross-sectional area that would be provided by the drag 
device, the same technique is used. This means that the increase in effective cross-sectional 
area equals the total surface area of the drag device divided by four. While it is recognized 
that the addition of a drag device would further tend to favor a “preferred” orientation 
during decay, the orientation cannot be predicted without detailed analyses. For this reason, 
and for consistency with prior studies, the “one-quarter tumbling rule” is retained herein. 
Table 2 contains a set of satellites that were examined. Referring to the DMSP  
5D-2 spacecraft example, the geometric dimensions of the bus are found in [17]. The 
description states that the bus is a 6.7 m long cylinder, radius 0.75 m, and that the solar 
array is rectangular with specified surface area of 9.2 m2. Therefore, the estimation of total 
surface area is simply the surface area of the bus plus the surface area of the solar array.5 
In this case, the surface area of the cylinder is given by the equation below, where r = 
radius and h = height [16].  
𝑆𝑆𝐴𝐴𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶 = 2𝜋𝜋 ⋅ 𝑟𝑟ℎ + 2𝜋𝜋 ⋅ 𝑟𝑟2 = 35.1 𝑚𝑚2              
  𝑆𝑆𝐴𝐴𝑆𝑆𝑆𝑆𝐶𝐶𝑆𝑆𝐶𝐶𝐴𝐴𝐶𝐶𝐶𝐶𝑆𝑆𝐶𝐶 = 2 ⋅ 9.2 𝑚𝑚2 = 18.4 𝑚𝑚2          
𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸 𝐶𝐶𝑟𝑟𝐶𝐶𝐶𝐶𝐶𝐶𝑆𝑆𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐸𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶 𝐴𝐴𝑟𝑟𝐸𝐸𝐶𝐶 = �35.1 𝑚𝑚
2+18.4 𝑚𝑚2�
4
= 13.4 𝑚𝑚2           (2) 
 
This same approach applies to the other satellites in this study, based on the 
geometric description of the satellite bus, payload, and solar panels (see Appendix A for 
estimates and calculations for each satellite studied). If given, such as EO-1 from a report 
from NASA [7], the reported effective cross-sectional area was used instead.  
 
5 Smaller appendages such as the solar array attachments are neglected for simplicity. This has the 
added benefit of adding a bit of conservatism by underestimating area. 
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C. CASE STUDY AND MODELING TECHNIQUE VALIDATION 
The first group of satellites examined were the Defense Meteorological Space 
Program (DMSP) Block 5D series. These offer a useful example of a group of satellites 
that remain on orbit well after their EOL. Of the 10 satellites examined below, all of them 
continue to orbit today, and while launched prior to regulation, Table 2 shows many are 
predicted to remain on orbit into the next century. For example, using STELA, the shortest 
de-orbit time, from natural decay alone, exceeds 94 years after its EOL. Table 2 
summarizes the 10 inactive DMSP satellites and their respective modeled decay times.  
Table 2. Inactive DMSP satellites with estimated de-orbit times from 
natural decay. Adapted from [17]. 




Years to De-orbit 
DMSP 5D-1 (F-3) 1979 2077 98 
DMSP 5D-2 (F-6) 1987 2107 120 
F-7 1987 2106 119 
F-8 1991 2141 153 
F-9 1988 2109 121 
F-10 1995 2089 94 
F-11 2000 2184 184 
F-12 1994 2178 184 
F-13 1995 2141 146 
F-14 1997 2141 144 
 
As displayed above, none of these spacecrafts would have been compliant with the 
25-year debris mitigation regulation. However, the analysis above includes assumptions 
and is only a result of simulations, not reality. Much like the validation case studies, the 
historic SpaceTrack.org TLEs can be used to help better understand the reality of each 
orbit. DMSP 5D-1 (F-3), for example, reached its EOL in 1979. It is safe to assume at this 
point that there would be no further orbit raising maneuvers and that the spacecraft is 
tumbling. If the solar activity over that period matches the model in STELA, and if the 
estimates of the effective cross-sectional area and mass are accurate, then the modeling in 
STELA from a TLE in 1979 should yield a result similar to the most recent TLE 
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parameters. This confirmation step is different from the validation case studies earlier 
because there is added uncertainty associated with the cross-sectional area estimation and 
this includes effects of at least two complete solar cycles, rather than less than a year. Here, 
if the area estimation is too large (or similarly the mass too small), then the simulation will 
show more decay than reality. Table 3 compares the modeling after 41 years through 
STELA to the actual orbit parameters taken from a recent TLE from SpaceTrack.org. The 
result is consistent with the validation case studies, meaning that the satellite did not decay 
as much in reality as the simulation with respect to perigee, but the difference was not 
significant enough to indicate that there is additional error with respect to the area 
estimation. 
Table 3. DMSP 5D-1 (F-3) comparing STELA simulation (with 1979 TLE) 










Date (y-m-d) 1979-05-01 2020-05-01 2020-05-01 41 yrs 
Zp (km) 815 764 744 20 km 
Za (km) 826 778 784 -6 km 
 
To understand this further, it is important to determine how much a 20 km 
difference after 41 years will affect the overall decay time. For example, a relatively small 
deviation early in the decay due to higher-than-average solar activity or other sources could 
create a large difference once viewed with respect to the total years to de-orbit. Table 4 
takes the results of a simulation when using a TLE from 1979 and compares it to a 
simulation that begins from an updated TLE from 2020. For this example, the variation 
only creates a difference of approximately one year of total de-orbit time.  
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Table 4. DMSP 5D-1 (F-3) comparing two separate TLEs for de-orbit time 
Parameters Using 2020 TLE Using 1979 TLE 
Projected De-orbit Date (y-m-d) 2077-03-17 2075-12-07 
De-orbit Duration ~98 years ~97 years 
 
The results suggest that the calculated cross-sectional area estimate is adequate for 
the purposes of this study. Additionally, recent TLEs for all satellites modeled were used 
to improve accuracy. This was done to remove the associated error in modeling for longer 
propagation times. The satellites examined in this study used TLEs from 1 Feb 21 and later.  
  
22 
THIS PAGE INTENTIONALLY LEFT BLANK 
 
23 
IV. DE-ORBIT ANALYSES 
The de-orbit analyses consist of data from 11 satellites.6 These spacecrafts were 
selected based primarily on ballistic coefficient and orbital altitude, targeting the “pink” 
area of Figure 1 (Region 2). Data availability and geometric simplicity also played a role 
in selecting these satellites. The satellite specifications were collected from [7], [17]–[23] 
and the TLE date from [4]. The analysis in this section first summarizes these midsized 
satellites, shown in Table 5. Simulations in STELA determined the necessary ballistic 
coefficient required to decay each spacecraft within 25 years along with the associated area 
of a notional drag device. Next, each scenario was examined to determine a practical de-
orbited method. The two methods, identified in Table 6, included either the use of a drag 
device alone, or a propulsion burn in combination with a drag device. Finally, the analyses 
determined possible mass savings for each scenario, which provides insight into the 
practicality and usefulness of employing a drag device. Of the 11 satellites discussed in 
this section, 10 of them were demonstrated to be practical with respect to the criteria 










6 Figure 6 includes plots for 12 satellites; however, Ikonos-2 is included to show a data point that will 
de-orbit within 25 years without a drag device or propulsion. This data point shows where a spacecraft will 
decay naturally based on its altitude and ballistic coefficient. Ikonos-2 is not analyzed further with respect 
to drag device enhancement; i.e., fuel mass savings or decreased de-orbit time.  
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29108  CALIPSO 635 681 10.0 27.5 31.6 28.9 1.9 
29107 CloudSat 995 682 12.3 36.9 40.5 27.6 11.4 
26619 EO-1 548 671 6.0 38.0 45.4 22.5 12.3 
40059 OCO-2 449 699 3.0 90.2 74.1 22.5 13.9 
10820 F-3 513 763 13.4 53.7 19.2 9.9 25.2 
25758 IRS-P4 1050 719 18.5 46.2 28.4 14.6 35.0 
31113 HY-1B 442 778 7.6 99.9 29.0 7.9 40.7 
13736 F-6 750 786 13.4 100.0 28.0 6.9 81.2 
14506 F-7 750 787 13.4 101.0 28.0 6.8 83.2 
21798 F-11 830 824 13.4 178.0 31.0 4.2 169.2 
19467 FY-1A 750 870 9.3 369.0 40.5 2.9 241.4 
Data drawn from [4], [7], [17], [18], [19], [20], [21], [22], [23]. This table lists the midsized satellites 
specifications, perigee altitude obtained from recent TLEs [4], and calculated effective cross-sectional area. 
STELA was used to determine the current de-orbit lifetime and subsequently the “25-year” de-orbit lifetime 
with an adjusted cross-sectional area input and ballistic coefficient (CB) required.  
 
A. MIDSIZED SATELLITES AND CASE STUDY SUMMARY 
Figure 6 is a plot of the data in Table 5 for 11 different satellites, each having three 
data points. Each satellite has a unique associated initial altitude (Zp, plotted on the x-axis), 
so the three data points for each satellite are aligned in a column. The blue diamond 
represents the satellite’s original ballistic coefficient (left y-axis). The orange square 
represents the required ballistic coefficient necessary to de-orbit within 25 years. The 
original and required ballistic coefficients are paired in an outlined box. The yellow triangle 
represents the area increase (right y-axis) that would be necessary to achieve the required 
ballistic coefficient. For example, IRS-P4 has an original ballistic coefficient of 
approximately 28 kg/m2, a required ballistic coefficient of approximately 19 kg/m2 to meet 
the 25-year de-orbit boundary, and a resulting drag area increase of 35 square meters.  
Both the altitude and the satellite’s mass play a factor in determining the necessary 
area increase. Therefore, the plot below shows a variety of ballistic coefficient deltas and 
associated drag device dimensions necessary to de-orbit within 25 years. For example, 
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OCO-2 requires a ballistic coefficient decrease of nearly 52 kg/m2 to achieve a de-orbit 
within 25 years yet would only require a 13.9 square meter drag device area. Conversely, 
DMSP (F-11) requires a 169 square meter drag device, despite only needing a decrease of 
BC of 27 kg/m2. The relatively large area increase for F-11 is due to the significantly higher 
altitude and mass when compared to OCO-2. 
It was previously noted that spacecraft above approximately 850 km orbits are not 
good candidates for drag enhancement due to the variabilities and uncertainties from solar 
radiation pressure above that altitude. The right side of Figure 6 further illustrates the 
impracticality of drag enhancement in this regime—very large areas of drag enhancement 
are necessary to sufficiently lower the altitude for F-11 and FY-1A, even while ignoring 
SRP. While the IKARUS solar sail spacecraft [24] has deployed such a large area, the sail 
also utilized much of the spacecraft mass and area as the primary mission. Alternatives for 
the F-11 and FY-1A satellites would be the combination of a reasonably sized drag device 
with a shorter propulsive burn—analyzed and discussed in later. 
Note that unlike Figure 1, the ballistic coefficient is not plotted on a logarithmic 
scale in Figure 6. Here the region of interest (Area 2 of Figure 1) is examined in more 
detail. The estimated 25-year boundary appears here as an exponential line as a result 
(orange dotted line). The necessary area increase has a linear relationship with CB (see 
Equation 1), so it is plotted in a linear curve fit (grey dotted line).  
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Data drawn from [4], [7], [17], [18], [19], [20], [21], [22], [23]. The original ballistic coefficient (blue 
diamond) is compared to the necessary ballistic coefficient (orange square) to decay within 25 years. The 
area increase (yellow triangle) that would be produced from a drag device, varies for each case. The 
shaded green area represents the ballistic coefficient region where spacecraft will decay in less than 25 
years and the orange region more than 25 years. The red shaded area is where it is recommended to use 
propulsion to initially lower perigee because the drag device area becomes excessive (above 800 km) and 
above solar radiation pressure (above 850 km) becomes the dominant force. 
Figure 6. Ballistic coefficient and drag area increase necessary for the set of 
midsized satellites.  
B. DE-ORBIT METHODS 
As the ballistic coefficient and orbital altitudes vary, so do the strategies for de-
orbit. This study examines the following two scenarios: first, the spacecraft can be 
successfully de-orbited within 25 years simply by deploying a drag device in lieu of 
propulsion; second, the spacecraft will use some propulsion to initially lower perigee and 
then deploy a drag device to de-orbit within 25 years.  
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To determine which satellites in our study dataset can be de-orbited with a drag sail 
alone, a practical area for a drag device should be defined. A practical value depends on 
design drivers discussed in Chapter I—the drag device must stow in a compact container, 
and the device must be low mass (relative to fuel displaced), very simple to operate and 
reliable enough to perform for the first time at the end of mission. Reviewing the summary 
data in Rhatigan and Lan [3], Table 1, the largest drag device area they identified for the 
small satellites flown successfully to date is 14 m2 (dragNETTM) [25]. Midsized satellites 
can presumably accommodate larger devices and have more surface area for modular 
accommodation of multiple devices (see, for example, the modular design in [2]). An area 
2.5 times this value was selected, 35 m2, based on this rationale. Table 6 indicates by 
shading which of the spacecraft in our data set could self-dispose by addition of a drag area 
of 35 m2 or less. 
























29108  CALIPSO 635 681 10.0 27.5 31.6 28.9 1.9 
29107 CloudSat 995 682 12.3 36.9 40.5 27.6 11.4 
26619 EO-1 548 671 6.0 38.0 45.4 22.5 12.3 
40059 OCO-2 449 699 3.0 90.2 74.1 22.5 13.9 
10820 F-3 513 763 13.4 53.7 19.2 9.9 25.2 
25758 IRS-P4 1050 719 18.5 46.2 28.4 14.6 35.0 
31113 HY-1B 442 778 7.6 99.9 29.0 7.9 40.7 
13736 F-6 750 786 13.4 100.0 28.0 6.9 81.2 
14506 F-7 750 787 13.4 101.0 28.0 6.8 83.2 
21798 F-11 830 824 13.4 178.0 31.0 4.2 169.2 
19467 FY-1A 750 870 9.3 369.0 40.5 2.9 241.4 
Adapted from [4], [7], [17], [18], [19], [20], [21], [22], [23].This table contains the same data as Table 5 but 
identifies which satellites could de-orbit within 25 years using a 35 m2 drag device. Propulsion or a 
combination of drag and propulsion would be required (highlighted grey) for satellites that would not decay 




Referencing Table 6, some interesting trade-offs for the satellites in higher orbits 
become apparent. Satellite F-11 is a clear example of an impractical satellite to de-orbit 
with the use of a drag device alone since it requires an area of over 150 m2. However, 
utilizing a drag device in combination with an orbit-lowering propulsive maneuver may 
prove useful due to potential mass savings. CALIPSO requires a drag device that is 1.9 m2. 
While this is well-proven as a practical area to achieve, the higher orbit creates a 
conundrum with respect to mass trade-offs (explored later in this section). Additionally, 
CALIPSO is a poor candidate for “significantly” reducing its area-time product as the small 
decrease in de-orbit time yields ~6 (m2∙year) decrease. OCO-2, IRS-P4, and F-3 are 
examples of satellites that initially appear to be practical for application of a drag device. 
This is because the area increase is achievable (less than 35 m2) and the de-orbit lifetimes 
are significantly reduced from an excess of 45 years or more. Validation of these 
candidates, as well as the candidates that require propulsion, are discussed further with 
respect to fuel mass savings.  
The two approaches to de-orbit in LEO include lowering perigee to approximately 
75 km (for an immediate de-orbit) or to an altitude where the satellite will decay naturally 
within a specified time [8]. This analysis uses STELA to determine the maximum perigee 
altitude that would facilitate a 25-year decay for F-6, F-7, F-11, FY-1A, and HY-1B. Using 
F-11 in a “what-if” example, there are two steps to the required de-orbit. First, a propulsive 
maneuver lowers the orbit so that the 25-year decay can be achieved. Second, the orbital 
decay of the satellite is seen in Figure 7 starting with a perigee of 566 km. (Also note the 
solar cycle effects modeled within STELA, particularly where the apogee decreases more 
rapidly around years 4, 14 and 23.)  
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Figure 7. Satellite F-11 decay after perigee lowering propulsion maneuver. 
After determining a perigee altitude that would successfully de-orbit the satellite 
within 25 years without a drag device, the ΔV necessary to lower perigee via propulsion 
was calculated to be 68 m/s. The calculations for this step are shown in equations below 
from [8], and the variables and constants are defined in Table 7.  
Table 7. Propulsion calculation list of variables and constants. 
Symbol  Definition 
a Semi-major axis 
e Eccentricity 
va Velocity at apogee 
vp Velocity at perigee 
µ Earth gravitational constant 
ra Radius of apogee 













𝒓𝒓𝒂𝒂 = 𝟔𝟔𝟔𝟔𝟔𝟔𝟔𝟔 𝒌𝒌𝒌𝒌 + 𝟔𝟔𝟖𝟖𝟔𝟔 𝒌𝒌𝒌𝒌 = 𝟔𝟔𝟐𝟐𝟐𝟐𝟏𝟏 𝒌𝒌𝒌𝒌 
𝒓𝒓𝒑𝒑(𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒂𝒂𝒊𝒊) = 𝟔𝟔𝟔𝟔𝟔𝟔𝟔𝟔 𝒌𝒌𝒌𝒌 + 𝟔𝟔𝟐𝟐𝟖𝟖 𝒌𝒌𝒌𝒌 = 𝟔𝟔𝟐𝟐𝟕𝟕𝟐𝟐 𝒌𝒌𝒌𝒌 
𝒂𝒂𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒂𝒂𝒊𝒊 =
(𝟔𝟔𝟐𝟐𝟐𝟐𝟏𝟏 𝒌𝒌𝒌𝒌 + 𝟔𝟔𝟐𝟐𝟕𝟕𝟐𝟐 𝒌𝒌𝒌𝒌)
𝟐𝟐
= 𝟔𝟔𝟐𝟐𝟏𝟏𝟏𝟏.𝟓𝟓 𝒌𝒌𝒌𝒌 
𝒆𝒆𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒊𝒂𝒂𝒊𝒊 =
𝟔𝟔𝟐𝟐𝟐𝟐𝟏𝟏 𝒌𝒌𝒌𝒌− 𝟔𝟔𝟐𝟐𝟕𝟕𝟐𝟐 𝒌𝒌𝒌𝒌





𝒔𝒔𝟐𝟐 ⋅ (𝟏𝟏 − 𝟕𝟕.𝟕𝟕𝟕𝟕𝟏𝟏𝟔𝟔𝟐𝟐)
𝟔𝟔𝟐𝟐𝟏𝟏𝟏𝟏.𝟓𝟓 𝒌𝒌𝒌𝒌 ⋅ (𝟏𝟏 + 𝟕𝟕.𝟕𝟕𝟕𝟕𝟏𝟏𝟔𝟔𝟐𝟐)
= 𝟔𝟔.𝟖𝟖𝟐𝟐𝟓𝟓 𝒌𝒌𝒌𝒌/𝒔𝒔 
𝒓𝒓𝒑𝒑(𝒅𝒅𝒆𝒆𝒅𝒅𝒓𝒓𝒅𝒅𝒊𝒊𝒊𝒊) = 𝟔𝟔𝟔𝟔𝟔𝟔𝟔𝟔 𝒌𝒌𝒌𝒌+ 𝟓𝟓𝟔𝟔𝟔𝟔 𝒌𝒌𝒌𝒌 = 𝟔𝟔𝟑𝟑𝟖𝟖𝟖𝟖 𝒌𝒌𝒌𝒌 
𝒆𝒆𝒅𝒅𝒆𝒆𝒅𝒅𝒓𝒓𝒅𝒅𝒊𝒊𝒊𝒊 =
𝟔𝟔𝟐𝟐𝟐𝟐𝟏𝟏 𝒌𝒌𝒌𝒌− 𝟔𝟔𝟑𝟑𝟖𝟖𝟖𝟖 𝒌𝒌𝒌𝒌








= 𝟔𝟔.𝟔𝟔𝟓𝟓𝟔𝟔 𝒌𝒌𝒌𝒌/s 
𝜟𝜟𝒗𝒗 = 𝟔𝟔𝟖𝟖𝟐𝟐𝟓𝟓 𝒌𝒌/𝒔𝒔 − 𝟔𝟔𝟔𝟔𝟓𝟓𝟔𝟔 m/s = 68 m/s 
Similarly, DAS was used to validate the ΔV necessary for the satellites based on 
their area-to-mass ratio in Figure 8. F-11, with an area-to-mass ratio of ~0.016 m2/kg (blue), 
with an initial apogee altitude of 843 km, aligns with the calculated 68 m/s. These values 
are also tabulated in Table 8, in the column labeled “Required ΔV without Drag Device 
(m/s).” This column represents the fuel “baseline” for comparison to determine if a drag 
device can produce savings over the conventional propulsive de-orbit procedure. 
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Figure 8. Delta-V required for 25-year decay based on altitude and area-to-
mass ratio. 
After determining the change in velocity to lower the orbit to a perigee that 
facilitates a 25-year decay, the process was repeated for the inclusion of a drag device. The 
results appear in Table 8, in the column labeled “Required ΔV with Drag Device (m/s),” 
and the calculation is explained in the following Section C. This analysis assumed a 35 m2 
area increase from a drag device (previously discussed as a maximum reasonable value). 
STELA was used to determine a new perigee altitude that would decay the F-11 satellite, 
but with the increased effective cross-sectional area that would come from the introduction 
of a drag device. For F-11, for example, the perigee would only need to be lowered to an 
altitude of 624 km, vice 566 km, if a 35 m2 drag device was used. Likewise, this sized drag 
device would result in a decrease of ΔV, reducing the requirement from 68 m/s to 53 m/s. 
In the following section, this is translated into fuel mass savings. 
C. MASS TRADE-OFF 
Given that drag devices can displace de-orbiting fuel and, in some cases, entire 
propulsion systems, one question driving the adoption of drag devices for this purpose is 
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what are the mass trade-offs if a spacecraft developer chooses to adopt this technology? 
Designers may also elect to extend a mission with that fuel budget and add the mass of a 
drag device to the spacecraft for self-disposal. Either way, mass trade-offs are necessary to 
optimize design. 
Of the spacecraft examined in Table 7, five of them would require a perigee 
lowering maneuver to de-orbit within 25 years, assuming that a practical drag device is no 
larger than 35 m2. For the F-11 example, it is shown above that the perigee lowering 
maneuver with a drag device would use less ΔV, which directly relates to less fuel and less 
mass. To calculate an estimation of the potential mass savings, the five satellites (F-6, F-7, 
F-11, HY-1B, and FY-1A) assumed a 35 m2 drag device would be deployed after a perigee 
lowering maneuver. The ΔV for the higher perigee was then calculated for each case (as 
shown above for F-11). Next, each satellite’s mass requirements were estimated from the 
rocket equation, Equation 3. Since every satellite may have a unique engine, a consistent 
propulsion system was used to compare the different cases. Each case assumed a hydrazine, 
monopropellant propulsion system with an exhaust velocity (ve) of 2100 m/s. This 
assumption is based on a typical monopropellant specific impulse (Isp) range of 200–235 
seconds [8], which yields a ve from the relationship below [8]: 
𝐸𝐸𝐶𝐶 = 𝐼𝐼𝑠𝑠𝑠𝑠 ⋅ 𝑔𝑔0             (3) 
215 sec  ∗ 9.81 𝑚𝑚
𝑠𝑠2
≅ 2100 𝑚𝑚/𝐶𝐶          
Using the simplified rocket equation below, the initial mass (mo) is calculated to determine 
the mass required for the perigee lowering maneuver. For this calculation, the spacecraft 
dry mass is assumed to be the final mass (mf), which varies for each satellite.  
Equation 4 [8] shows the calculation used to determine the mass requirement for F-11:  
𝜟𝜟𝒗𝒗 = 𝒗𝒗𝒆𝒆 𝒊𝒊𝒊𝒊 �
𝒌𝒌𝟕𝟕
𝒌𝒌𝒇𝒇
�  ⇒ 𝒌𝒌𝒇𝒇 ∙ 𝒆𝒆
∆𝑽𝑽 𝒗𝒗𝒆𝒆� = 𝒌𝒌𝒅𝒅           (4) 
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For F-11, mf = 830 kg; ΔV = 53.6 m/s (with drag device) and ΔV = 68 m/s (with no drag 
device). 
𝒌𝒌𝟕𝟕  (𝒘𝒘𝒊𝒊𝒊𝒊𝒘𝒘𝒅𝒅𝒘𝒘𝒊𝒊 𝒅𝒅𝒓𝒓𝒂𝒂𝒅𝒅 𝒅𝒅𝒆𝒆𝒗𝒗𝒊𝒊𝒅𝒅𝒆𝒆) = 𝟔𝟔𝟔𝟔𝟕𝟕 𝒌𝒌𝒅𝒅 ⋅ 𝟐𝟐.𝟔𝟔𝟏𝟏
𝟔𝟔𝟔𝟔.𝟏𝟏 𝒌𝒌𝒔𝒔
𝟐𝟐𝟏𝟏𝟕𝟕𝟕𝟕𝒌𝒌𝒔𝒔 = 𝟔𝟔𝟓𝟓𝟔𝟔.𝟖𝟖 𝒌𝒌 
𝒌𝒌𝟕𝟕  (𝒘𝒘𝒊𝒊𝒊𝒊𝒘𝒘 𝒅𝒅𝒓𝒓𝒂𝒂𝒅𝒅 𝒅𝒅𝒆𝒆𝒗𝒗𝒊𝒊𝒅𝒅𝒆𝒆) =  𝟔𝟔𝟔𝟔𝟕𝟕 𝒌𝒌𝒅𝒅 ⋅ 𝟐𝟐.𝟔𝟔𝟏𝟏
𝟓𝟓𝟔𝟔.𝟔𝟔 𝒌𝒌𝒔𝒔
𝟐𝟐𝟏𝟏𝟕𝟕𝟕𝟕𝒌𝒌𝒔𝒔 = 𝟔𝟔𝟓𝟓𝟏𝟏.𝟖𝟖 𝒌𝒌 
For F-11, approximately 6 kg of fuel could be saved if a drag device had been utilized in 
combination with a de-orbiting maneuver. Since the perigee altitude requirement is higher 
when using a drag device, there is less fuel and therefore less mass needed to accomplish 
this. Of note, more efficient propulsion systems (higher ve) would reduce the impact of a 
drag device with respect to mass savings. Additionally, the mass of the drag device itself 
has not been included here, but certainly would play a factor in determining the practicality 
of its employment. For example, if the fuel mass required to lower perigee is less than the 
drag device, the inclusion of a drag device would be difficult to justify on a mass trade-off 
alone. As noted earlier, this “displaced” fuel could also be used to extend mission or meet 
other mission requirements, so the trade-off is very design and mission specific. Another 
notable advantage for satellites at higher orbits: an initial propulsive maneuver lowers the 
satellite into the altitude range where drag devices are most effective. The analysis is 
summarized in Table 8. 
For the spacecraft in this study that would de-orbit with a drag device alone, it can 
be assumed that the drag device completely replaces the fuel mass requirement that would 
have been needed for a perigee lowering maneuver. Table 8 shows the potential mass 
savings for the satellites examined. Savings available range from 1.5 kg to 10 kg of offset 
fuel. The perigee altitudes that would have been necessary to de-orbit within 25 years are 
used to determine how much mass would have been saved if a drag device were to be 
employed. For the spacecraft that would require propulsion regardless, the difference in 
ΔV is used to determine the mass savings.  
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Table 8. Potential fuel savings for a set of midsized satellites. 
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V. DRAG DEVICE DESIGN 
A. ESTIMATE OF MASS REQUIREMENTS 
The potential for mass savings based on the satellites analyzed range from 1.5 kg 
to 10 kg; however, this did not consider the additional mass of the drag enhancing device 
itself. Given the function of the device, clearly it is desirable to make a drag enhancing 
device with the least amount of mass possible. Current devices exist that are less than 0.5 
kg [26] for a CubeSat. While “sail” materials are very lightweight, the mass of a drag device 
is expected to scale with the area needed. The IKAROS solar sail, for example, provided 
an area of 196 m2 and had a mass of approximately 14 kg [24]. While this was considered 
too large and impractical for this study, a drag device the size of IKAROS would have been 
able to self-dispose all the satellites in this study apart from FY-1A. However, even FY-
1A could de-orbit within 25 years, from a drag device alone, if the area increase were large 
enough (~241 m2) and the effects from SRP were neglected. As demonstrated earlier 
(Figure 6), when the altitude increases, the drag device area will increase linearly to the 
point where the mass of the device may be greater than the fuel necessary to lower perigee.  
To explore this trade-off, rough estimates of drag device masses were scaled from 
a known device for a range of midsized satellites (600–1000 kg). These estimates were 
then plotted against altitude to determine expected practical limits of altitude as seen in the 
previous section. This was estimated in STELA by simulating these notional satellites at 
various altitudes with correspondingly sized drag devices. The device mass was estimated 
by scaling sail density to that of the IKAROS solar sail. A 15% margin was included over 
IKAROS [24]. Assuming a direct relationship of area to mass, IKAROS produces 14 m2 
for each 1 kg of material. A more conservative ratio of 11.9 m2 per kilogram of material 
was applied to the notional satellites below. These estimates use the same assumptions with 
respect to propulsion performance as in Chapter IV. A more efficient propulsion system 
would reduce the mass savings offered by a drag device. Also note that for some satellites, 
the entire propulsion system could be eliminated, as it is only used for de-orbit. That 
analysis is beyond the scope of this study so is not addressed.  
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Figures 9, 10 and 11 illustrate the trade-off boundary. It occurs in the range of 850–
900 km, for a 1000 kg, 800 kg, and 600 kg satellite mass, respectively. Above this trade-
off boundary altitude, the mass savings from a drag device becomes negative (that is, the 
drag device would weigh more than the fuel saved), though altitudes above 850 km have 
been previously excluded because of the dominance of SRP. Indeed, using these gross 
assumptions, mass savings may be realized for all cases below the SRP “boundary” of 
approximately 850 km (see Figure 1). 
The more massive satellite (1000 kg, Figure 9) can achieve more mass savings than 
the 800 kg (Figure 10) and 600 kg (Figure 11) satellites. Not only is the difference from 
fuel mass to device mass larger, but the altitude at which the device is effective is slightly 
higher. For example, in Figure 9, the cross-over point exceeds the SRP boundary at 
approximately 900 km. For the 600 kg satellite, the cross-over occurs at an altitude of  
~875 km. Similarly, the greatest potential mass savings for the 1000 kg satellite is ~8.6 kg. 
Correspondingly, the smaller satellite may realize smaller savings; the 600 kg satellite may 
realize at most ~3.3 kg.  
  
Figure 9. Potential mass trade-off vs. altitude for de-orbit of a notional 
1000 kg satellite  
SRP boundary 
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This graph shows the difference in mass of a notional 1000 kg satellite for various 
altitudes. The calculated fuel mass is what would be needed to lower perigee to an altitude 
to decay naturally within 25 years, while the estimated drag device mass is what would 
decay it without propulsion based on practical drag device estimates. The difference 
between the two represents the best possible mass savings. Note that above ~900 km, the 
drag device mass is more than the fuel. The largest possible savings is ~800 km and could 




Figure 10. 800 kg satellite mass savings vs. altitude 
This graph shows the difference in mass of a generic 800 kg satellite for various 
altitudes. Note that above ~880 km, the drag device mass is more than the fuel. The largest 





Figure 11. 600 kg satellite mass savings vs. altitude 
 
This graph shows the difference in mass of a generic 600 kg satellite for various 
altitudes. Note that above ~875 km, the drag device mass is more than the fuel. The largest 
possible savings is ~800 km and could save ~3.3 kg of mass. 
As noted earlier, there is a practical limit to how large a drag device can be, 
estimated at 35 m2. Of course, mass is not the only design consideration; as noted in the 
summary of design requirements in Chapter I, section C, complexity, reliability, and non-
interference with the primary mission also need to be addressed. From Table 9, fuel mass 
savings for satellites require a propulsive maneuver ranging from 5.5 kg to 7.5 kg. Figures 
9–11 show rough estimates of device mass in the range of 5 to 15 kg. Therefore, a good 
design goal for the mass of a 35 m2 drag device might be 5 kg.  
Further, if a scalable device could be implemented, it would provide flexibility and 
limit unnecessary mass to a spacecraft. Table 10 shows the fuel mass savings when the 
drag device mass is included for both a fixed 35 m2 device and a scalable device. It assumes 
a 5 kg, 35 m2 device and deducts the “excess mass” by using the same ratio of 11.9 m2 for 
each 1 kg of material, used earlier. 
SRP boundary 
39 
Table 9. Potential fuel savings with mass of a scalable device included. 
Table 9 highlights reasonable design requirements for a drag enhancing device. If the device is 
more than 5 kg to provide 35 m2 of area, it begins to cost more in mass than a traditional propulsion 
burn. A scalable device adds increased fuel mass savings.  
 
B. PROTOTYPES AND REQUIREMENT REFINEMENT 
While the IKAROS solar sail provided insight on the scope of possible mass-related 
trade-offs, other drag devices will likely have a higher mass to area ratio. Prototypes such 
as the drag device in [27] are designed to produce approximately 6 m2 of effective cross-
sectional area and have a mass of less than 10 kg. The company, Tethers Unlimited, Inc. 
(TUI) has introduced the Terminator Tape, intended for use on small satellites, and it 























29108  CALIPSO 1.9 1.5 -3.5 -0.7 
29107 CloudSat 11.4 7.2 2.2 4.2 
26619 EO-1 12.3 4.3 -0.7 1.2 
40059 OCO-2 13.9 9.5 4.5 6.3 
10820 F-3 25.2 6.4 1.4 2.2 
25758 IRS-P4 35.0 10.0 5.0 5.0 
31113 HY-1B 40.7 5.5 0.5 0.5 
13736 F-6 35.0 6.9 1.9 1.9 
14506 F-7 35.0 6.1 1.1 1.1 
21798 F-11 35.0 5.9 1.6 1.6 
19467 FY-1A 35.0 7.5 2.5 2.5 
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mass of 2.8 kg and produces an area of 14 m2 [25]. These designs and prototypes provide 
a baseline of what is possible for use on a midsized satellite.   
This study focused on refining two of the requirements outlined by Rhatigan and 
Lan [3]. With respect to the drag area [3], “The drag area should be sufficient to de-orbit 
the spacecraft within 25 years using standard de-orbit calculation tools (e.g., STELA or 
DAS).” It was shown that 35 m2 provides a practical drag area target for design and would 
de-orbit most of the satellites analyzed in this study, for altitudes less than 800 km. Another 
requirement from [3] addresses mass: “the mass of the de-orbit device should be 
minimized. A reasonable mass target is the mass of the propellant displaced for a de-orbit 
maneuver if the de-orbit device were not included.” The 5 kg design target identified 
matches fuel offset in Table 10. This is supported by several flown examples and 
prototypes. Therefore, design targets of 5 kg mass and 35 m2 area are practical to proceed 
to the next step of design for midsized satellites. All three of the drag device protypes could 
have had practical use with respect to satellites in this study; however, unique spacecraft 
would benefit most from a customized drag device as shown in Table 10. Therefore, either 
















Based on the analysis of the satellites examined, drag devices are practical for self-
disposal of many midsized satellites. The theoretical boundaries outlined by Rhatigan and 
Lan [3] were analyzed with a suite of existing spacecraft. It was found that the majority of 
midsized spacecraft in orbits below 800 km altitude could decay within 25 years with the 
inclusion of a drag device less than 35 m2 as the sole method of self-disposal. Additionally, 
satellites above 800 km have the potential to reduce fuel mass if a drag enhancing device 
were to be used in combination with a perigee lowering maneuver. Of note, it was shown 
that more massive satellites have potential for higher mass savings and at higher orbital 
altitudes.  
While there exist realistic limitations on how large a drag device can be, altitudes 
above 850 km are not practical as a sole method of self-disposal because of the dominant 
effects of SRP. Moreover, at 800 km, the area requirements to de-orbit with a sail alone 
become excessive. However, this study suggests that in conjunction with a propulsion burn, 
a drag device still provides mass savings for satellites beyond 800 km in altitude. The fuel 
mass savings ranged as high as 5.0 kg for IRS-P4 when used in conjunction with propulsion 
and using the “maximum” 35 m2 drag device. If a modular device were to be used, potential 
fuel mass savings of 6.4 kg for OCO-2 can be seen. Conversely, there are scenarios wherein 
the introduction of a drag device would impose a cost in mass, and thus not be desirable. 
This occurs for CALIPSO if the mass of a drag device is assumed to be 5 kg. While this 
makes the use of a drag enhancing device less attractive for these satellites, the mass trade-
off addresses only one aspect of its usefulness.  
From a debris perspective, the biggest incentive to implementing drag enhancing 
devices is that they force compliance with the de-orbit requirements. They provide a single 
function and cannot be used to extend mission lifetime, as opposed to fuel reserved for de-
orbit. For the spacecraft that could rely strictly on de-orbiting within 25 years from a drag 
device alone, there would be little to no risk of executing the planned de-orbit within 
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guidelines with a well-designed device. For the spacecraft that require propulsion 
regardless, the mass savings discussed in this study now provide an incentive with respect 
to mission lifetime.  
The assumptions made throughout this study include estimations on spacecraft 
surface areas, generalizations of drag coefficients, estimated effective cross-sectional area 
and tumbling of satellites once defunct. As seen with the validation case studies, the ANDE 
satellites decayed sooner than the simulation estimated, even with a drag coefficient of 2 
and a well-defined cross-sectional area. This “less conservative” estimation carried over 
when the case study satellites were examined, but it was less pronounced. Again, the drag 
coefficient was set at a value of 2, which is more conservative than normal satellite 
configurations [8]. This factor closely aligned the case study satellites’ STELA simulations 
to their actual decay rates, when compared over the past decades of their EOL. The cross-
sectional area simplification and tumbling assumptions are also estimates. It is likely that 
the “true” effective cross-sectional area that a drag device will produce will vary based on 
many factors. These include the rigidity of the device, where it is placed on the satellite, 
and how the shape of each satellite affects the interaction of aerodynamic forces. These 
factors are complex and unpredictable given the nature of the space solar environment. 
B. FUTURE WORK 
Many of the midsized LEO satellites in this study appear to be good candidates for 
the implementation of drag devices. Further analysis of more satellites in this class is one 
step to further validate that claim. Additionally, efforts should be made to investigate and 
identify future satellites that could be candidates for de-orbiting using a drag device. 
Analysis of satellites that have used drag devices, albeit smaller than the ones examined in 
this study, could also provide insight to their effectiveness.  
Initially, hundreds of satellites were evaluated for study, but only twelve of them 
were analyzed in depth. Efforts were made to find a variety of different orbital regimes and 
satellite sizes and configurations, but the scope was nevertheless limited compared to what 
exists on orbit today. This is partially due to the sources available on satellite specifications, 
most of which came from the eoPortal. For this reason, many of the satellites were in sun-
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synchronous orbits, which meant very similar inclinations and redundant altitudes. More 
data of actual spacecraft with a wider variety of orbital parameters would further clarify 
the problem statement addressed in this thesis. 
Another area of recommended research is to investigate future satellites in a similar 
fashion to this study. The population of midsized satellites is expected to grow, according 
to [1]. An analysis of those future spacecraft would not only help to validate the potential 
for drag enhancing devices, but perhaps could identify candidates for their use. This study 
focused on existing satellites to determine “what could have happened if there were a drag 
device,” because the data is available for both the satellite specifications and the orbit itself. 
However, applying this to planned orbits and spacecraft is a next step towards actual use 
of a drag device on a midsized satellite.  
While there may not be much data on midsized satellites and drag enhancing 
devices, many smaller satellites have used such mechanisms. This data could be analyzed 
and compared to this study. Comparing the actual decay time to a model in STELA could 
clarify some of the assumptions that were made in this thesis. Notably, the Naval 
Postgraduate School (NPS) Spacecraft Architecture and Technology Demonstration 
Satellite, (NPSAT-1), recently deployed its tether drag device on 27 December 2020 [29]. 
NPSAT-1 is utilizing the TUI Terminator Tape, described in Chapter V, Section B. 
Although the drag device has only been in use for about six months, analysis of its 
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APPENDIX: CROSS-SECTIONAL AREA CALCULATIONS  
 
𝑆𝑆𝑆𝑆𝑟𝑟𝐸𝐸𝐶𝐶𝐸𝐸𝐸𝐸 𝐴𝐴𝑟𝑟𝐸𝐸𝐶𝐶 𝐶𝐶𝐸𝐸 𝑅𝑅𝐸𝐸𝐸𝐸𝐸𝐸𝐶𝐶𝐶𝐶𝑔𝑔𝑆𝑆𝐶𝐶𝐶𝐶𝑟𝑟 𝑃𝑃𝑟𝑟𝐸𝐸𝐶𝐶𝑚𝑚(𝑆𝑆𝐴𝐴𝐶𝐶) = 2 ∙ (𝐶𝐶𝑙𝑙 + ℎ𝐶𝐶 + ℎ𝑙𝑙) 
𝑆𝑆𝑆𝑆𝑟𝑟𝐸𝐸𝐶𝐶𝐸𝐸𝐸𝐸 𝐴𝐴𝑟𝑟𝐸𝐸𝐶𝐶 𝐶𝐶𝐸𝐸 𝐶𝐶𝐶𝐶𝐶𝐶𝐸𝐸𝐶𝐶𝐶𝐶𝐸𝐸𝑟𝑟 (𝑆𝑆𝐴𝐴𝑐𝑐) = 2𝜋𝜋𝑟𝑟ℎ + 2𝜋𝜋𝑟𝑟2 
𝑆𝑆𝑆𝑆𝑟𝑟𝐸𝐸𝐶𝐶𝐸𝐸𝐸𝐸 𝐴𝐴𝑟𝑟𝐸𝐸𝐶𝐶 𝐶𝐶𝐸𝐸 𝐻𝐻𝐸𝐸𝐻𝐻𝐶𝐶𝑔𝑔𝐶𝐶𝐶𝐶𝐶𝐶𝐶𝐶 𝑃𝑃𝑟𝑟𝐸𝐸𝐶𝐶𝑚𝑚 (𝑆𝑆𝐴𝐴ℎ) = 6𝐶𝐶ℎ + 3√3 ∙ 𝐶𝐶2 
𝑇𝑇𝐶𝐶𝐸𝐸𝐶𝐶𝐶𝐶 𝑆𝑆𝑆𝑆𝑟𝑟𝐸𝐸𝐶𝐶𝐸𝐸𝐸𝐸 𝐴𝐴𝑟𝑟𝐸𝐸𝐶𝐶 =  (𝑆𝑆𝐴𝐴𝑏𝑏𝑏𝑏𝑠𝑠) + 2 ∙ 𝐴𝐴𝑟𝑟𝐸𝐸𝐶𝐶 𝐶𝐶𝐸𝐸 𝑆𝑆𝐶𝐶𝐶𝐶𝐶𝐶𝑟𝑟 𝑃𝑃𝐶𝐶𝐶𝐶𝐸𝐸𝐶𝐶 (𝐸𝐸𝐶𝐶𝑟𝑟 𝑏𝑏𝐶𝐶𝐸𝐸ℎ 𝐶𝐶𝐸𝐸𝐶𝐶𝐸𝐸𝐶𝐶) 
 
Where l = length, h = height, w = width, s = side length (hexagon), r = radius 
 









each 1.5 x 0.8  
Source: [18] 
Rectangular Prism 




𝑆𝑆𝐴𝐴 = 2 ∙ (1.49 ∙ 1.84 + 2.31 ∙ 1.84 + 2.31 ∙ 1.49) 





=  10.0 𝑚𝑚2 
CloudSat 
6.4 m2   
Source: [18] 
Rectangular Prism 
( 𝑙𝑙, 𝐶𝐶, ℎ) =             
(2.3, 2.3, 2.8) 
Source [18] 
 
𝑆𝑆𝐴𝐴 = 2 ∙ (2.3 ∙ 2.3 + 2.8 ∙ 2.3 + 2.8 ∙ 2.3) 





=  12.3 𝑚𝑚2 
F-3, F-6, 
F-7, F-11 
9.2 m2   
Source: [17] 
Cylinder 
𝑟𝑟 = 0.75, h = 6.7 
Source [17] 
𝑆𝑆𝐴𝐴 = 2𝜋𝜋 ∙  0.75 ∙ 6.7 + 2𝜋𝜋. 752 





=  13.4 𝑚𝑚2 























𝐶𝐶 =1.4, ℎ =1.2  
Source [22] 
𝑆𝑆𝐴𝐴 = 6 ∙ 1.2 ∙ 1.4 + 3√3 ∙ 1.42 









each 5.67 m2 
Source [19] 
Rectangular Prism 
( 𝑙𝑙, 𝐶𝐶, ℎ) =           
(1.4., 1.1, 0.953) 
Source [19] 
 
𝑆𝑆𝐴𝐴 = 2 ∙ (1.4 ∙ 1.1 + 0.953 ∙ 1.4 + 0.953 ∙ 1.1) 









each 9.6 m2 
Source [20] 
Rectangular Prism 
( 𝑙𝑙, 𝐶𝐶, ℎ) =           
(2.8, 1.98, 2.57) 
Source [20] 
 
𝑆𝑆𝐴𝐴 = 2 ∙ (2.8 ∙ 1.98 + 2.57 ∙ 2.8 + 2.57 ∙ 1.98) 














0.94 𝑙𝑙𝐸𝐸𝐶𝐶𝐸𝐸 → 𝐶𝐶 =.47, 
ℎ =2.12  
Source [23] 
𝑆𝑆𝐴𝐴 = 6 ∙ 2.12 ∙ .47 + 3√3 ∙. 472 





=  3.0 𝑚𝑚2 
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